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Abstract: 
The use of composite materials brought a tremendous breakthrough in the 
scientific world of aerospace engineering. The lack of understanding of the 
failure of composite materials can be disastrous. Composite laminated 
structures need to be thoroughly studied and investigated in the design stage. 
In this thesis, formed-hat skin stringer made of composite laminate is 
investigated. Delamination is the most common failure of laminated 
composites, which has two stages delamination onset and delamination 
propagation. In the preliminary design phase, firstly the structures need to be 
investigated for low-velocity impact to check the formation of damage onset 
due to the impact that may arise during manufacturing. In the detailed design 
phase, the structure is investigated to study the evolution of delamination 
growth under loading conditions. The structure is modeled using 3 D elements 
because of the presence of Interlaminar stresses in the width and thickness 
direction and anisotropic nature. In this thesis, more emphasis is given on the 
interface between the skin and the stringer. The debonding effect of the 
interface is studied using cohesive zone model(CZM). 
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Notations 

 Half crack length 

 Width of the laminate 

 Fourth order stiffness tensor 

 Damage variable for mode I 

 Young’s modulus 

 Longitudinal Modulus 

 Transverse Modulus 

 Fiber moduli 

 Matrix moduli 

 Griffith energy 

 In-plane shear modulus 

 Fiber shear moduli 

 Interlaminar fracture toughness or critical strain energy release 
rate for mode I 

 Matrix shear moduli 

 Height of the laminate 

 Fracture toughness or critical stress intensity factor for mode I 

 Interface stiffness for mode I 

 Load 

 Fiber volume fraction 

 Matrix volume fraction 

 Surface energy 

 Separation for mode I 

 Second order strain tensor 

 Fiber failure strain 

 Matrix failure strain 
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 Stress 

 Composite compressive strength 

 Fiber failure stress 

 Strength of the interface for mode I 

 Second order stress tensor 

 Matrix failure stress at fiber breaking strain 

 Matrix failure stress 

 Composite tensile strength 

 Stress in x direction 

 Stress in y direction 

 Crack tip polar coordinates 

 Constant 

 Angular function 

 Shear stress  

 Shear modulus 

 Displacement in x and y direction 

 Major Poisson’s ratio 

 Fiber Poisson’s ratio 

 Matrix Poisson’s ratio 

 Change in half crack length 

 Change in strain energy release 

 Work done 

ATP Automated tape laying 

 Cohesive zone model 

 Finite element analysis 

 Finite element method 

RVE Representative volume element 
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1 Introduction 

1.1 Aim and scope 

The aim of this master thesis is to develop 3D FE model of a composite 
structure that are bonded using strong adhesives and to perform non-linear 
static analysis to study the effect of delamination using ABAQUS. This 
thesis also provides the reader a better understanding of overview of 
composite materials and its material properties.  
Composite material is a combination of brittle and ductile material. The 
strength of any composite structure is increased just by adding stiffeners 
called as stringers which helps to redistribute loads. Different manufacturing 
method are adopted for composite structures so understanding the 
manufacturing methods of skin-stringers plays a pivotal role in 
understanding the component itself.  
Fiber failure is not considered in this work. A Theoretical background of 
fracture mechanics is provided to understand crack propagation in the 
interface region. The interface is modelled using cohesive elements with zero 
thickness. Traction-separation law is given to understand the cohesive 
elements.  

1.2 Background 

The air traffic population is growing steadily over the past few years. 
According to IATA, 7.2 billion passengers travel by air in 2035 [1]. 
According to the FAA, the US with the largest Aircraft fleet operates 43,000 
flights daily with an average daily passenger of 2.5 million [2]. 
Approximately 100,000 commercial flights are operated daily across the 
world. A typical aircraft weights about 350-450 metric tons. With increasing 
fuel price and with the current aircraft equipment made of Aluminum, we are 
consuming a large amount of fuel, natural resources, and spending more. 
There is a need for lighter material to reduce the actual operating cost. The 
lighter material must be stronger.  
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The composite material is one such material that has a high strength to weight 
ratio.  Even though composites were used in the earlier days, the research 
and development of composite materials started only a few decades ago 
which lead to the birth of modern composites where new synthetic resins 
were used instead of natural resins. In the current production, the commercial 
plane has 50 % composite by weight. 
The next big industry is the Aerospace industry. Since the beginning of the 
21st century, the world has seen the rise of many private companies entering 
the space division, making spaceships and satellites. Much research has been 
done, especially on composite materials, to reduce the weight of the structure 
with increasing stiffness. Finite element analysis plays a vital role in 
simulation and analyzing composite structures.  
Soon, there will be increasing the use of composite materials in the 
automobile industry. Many higher-end models use composite materials 
today. Due to lack of low-cost manufacturing technology the use of 
composite material is not implemented on the full scale in commercial 
vehicles. Many countries want to forbid the use of IC engines in the next 20 
years. Thereby creating enormous opportunity to research communities to 
find the ultimate lighter and stiffer material that will help conserve energy 
consumption. 
Over the next few years, the demand for composite materials will increase 
steadily, and there will be challenges ahead in the manufacture of composite 
materials and the prediction of failures. This thesis is aimed to study the 
delamination of composite materials. 

1.3 Composite Material 

Composite materials are a combination of two or more different materials 
that have different properties. Unlike alloys the individual constituents are 
noticeable. In other words, composite material is a combination of two or 
more distinct materials put together giving unique properties. Parent material 
A may withstand tensile load and parent material B may withstand 
compression load, and we called them as Fibers and Matrix. Fibers serve as 
the purpose of reinforcements and matrix that protect fibers and transfers 
loads between fibers.  
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Figure 1.1. Composite materials 

 

1.4 Composite Fibers 

The most commonly used fibers are carbon, glass, boron, and aramid. The 
fibers are usually tiny continuous thread(filament) with the diameter ranging 
as small as 5 μm to 150 μm. There are also discontinuous fiber or randomly 
oriented fibers or whiskers. Carbon fibers are widely used in many industries. 
The carbon fiber used comes in various forms such as continuous thread, 
weave form, tape form. The fiber filaments are stretched from the larger 
diameter to a small diameter making it stiffer. Carbon fibers are made into a 
woven fabric form using conventional textile weaving looms. Components 
with complex geometry having different shapes are typically made from 
woven fabric form of carbon fibers which have several advantages.  

1.5 Composite Matrix 

The most commonly used matrix are polymers, ceramics, and metals. 
Modern composite materials are made primarily of polymers. Polymers are 
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made up of long chains of molecules of covalently bonded carbon atoms. 
Polymers are of two types: thermoset polymers and thermoplastic polymers. 
Thermoset has a significant advantage due to its low viscosity range to allow 
fabrication of composite at low temperature and pressure. Epoxies are the 
most widely used in aircraft industries. The operating temperature plays a 
critical role in the choice of polymers.  
In a composite material, the fibers are aligned in a particular direction to 
strengthen the mechanical properties in that direction. A composite material 
with unidirectional fiber will strengthen its properties in that orientation. To 
strengthen the composites in other direction fibers are also aligned in the 
other directions. Each layer is called as single ply or lamina. The thickness 
of these layers ranges from a minimum of 0.125 mm to a maximum of 0.25 
mm [3]. 
The composite parts are manufactured by stacking up layers of ply 
configurations. Depending on the stiffness requirement, plies with different 
fiber orientation are stacked together. 

1.6 Layup configurations 

The composite material layup configurations can be broadly classified to six 
major configurations 

1. Unidirectional laminate  
2. Cross-ply laminate  
3. Non-orthogonal angle-ply laminate 
4. Woven fabric layup 
5. Symmetric layup 
6. Asymmetric layup 

In unidirectional laminate, the fibers are aligned in the same direction 
between the plies. They have good strength when the load is applied along 
the direction of fibers but weak strength on the other directions. In cross-ply 
laminate, the fibers are aligned in the 0º and 90º in the next alternate layers. 
Excellent mechanical strength orthogonally but when the load is applied 
across the thickness it creates hindrance to the flow of stress distribution 
thereby creating stress concentration at the interface which is due to huge 
mismatch in properties between adjacent plies. 
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Figure 1.2. Composite ply configurations 

 
When the fibers are orientated in a ply in the direction other than the 0º and 
90º (e.g., ±15, ±30, ±45, ±60) are the non-orthogonal angle-ply laminate. 
They are used to strengthen plies in that particular orientation.  
The cracks are sometimes developed in the matrix between the fibers in a 
single ply. To reduce that, the fibers are weaved to form woven fabric layup. 
The woven fabric is used where the thickness is not a factor in the design 
since it adds more thickness to the composite structure.  
Asymmetric layup is the laminate that is symmetric about the mid-thickness 
plane to avoid out-of-plane bending when the laminate is loaded under plane 
stress conditions. The arrangement of plies on one side of mid-thickness is 
symmetric to the other side. Contrary to the symmetric layup is the 
asymmetric layup. 
As you can see in the Figure 1.2 (above) the material is distinct from all three 
direction which implies having different material properties in different 
directions.  
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2 Properties 

2.1 Material properties 

The most challenging part of composite material is to get the material 
properties. Each composite material has different properties for different 
layup configurations. The mechanical properties of composite materials 
depend on various factors. It depends on manufacturing methods, fiber type, 
fiber volume content, fiber orientation, resin types, and fiber-matrix bond 
strength. The elastic properties (constants) of the composite materials are 
analytically calculated using the strength of materials approach for simplified 
composite material as follows [3]. 

E1 Longitudinal Modulus 
 

E2 Transverse Modulus 

 

Major Poisson’s ratio 

 

G12 In-Plane Shear Modulus 

 

These equations give approximate values of elastic constants since it is based 
on a simplified composite model (unidirectional single lamina). To get the 
exact values analytically requires various empirical adjusting factors. Many 
experiments are then conducted to verify it which is tedious, time-consuming 
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and expensive process. The values of these elastic properties change as a 
function of the volume fraction of reinforcement and so on. 
An alternative is to get the elastic properties numerically by finite element 
analysis using homogenization technique where a unit representative volume 
element (RVE) of fiber and matrix was modelled to get the exact solution for 
the elastic properties of the whole composite element [5]. 

 

Figure 2.1. Computational Micromechanics 

 
As you can see from the above figure, the composite laminate is 
heterogeneous. The whole set of elastic properties can be estimated using a 
single representative volume element (RVE) model. It is non- homogeneous 
within the RVE but it is fictitiously homogeneous for the whole material. 
This technique is very helpful since the composites are preferably modeled 
using 3D analysis. On a mesoscale, the RVE element is transversely 
isotropic. In FEA, only one-eighth of the RVE need to be modeled due to 
symmetry. Appropriate boundary conditions are applied on RVE model for 
various load conditions.  
The average stress and strains of the whole material is obtained by gauss 
theorem from the non-homogeneous stress and strain within the RVE 
element by local-global analysis. [5] [6] 
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The limitation is that in practical composites, the fibers are not regularly 
distributed as shown in the figure above as they are randomly distributed and 
fibers touch each other.  

2.2 Strength properties 

2.2.1 Tensile strength 

In simple composite laminate (unidirectional laminate), the fibers and matrix 
are assumed to experience equal strains to determine elastic constants. In 
advanced composite materials, the strain to failure capability of the stiff 
fibers is markedly less than that of matrix as shown in figure below [3]. Thus, 
the fiber fails first, and then the load will be transferred to the matrix. 

 
 
The longitudinal tensile strength is calculated depending on fiber volume 
fraction. When the fiber volume fraction is high, the composite tensile 
strength is given by 

 Fibre 

Matrix 
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Figure 2.2. Stress-Strain Curve of Fiber and Matrix 
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And for low Vf 

 

 

 

2.2.2 Compressive strength 

The compressive strength is calculated using buckling stress since the fibers 
does not fail by simple compression. There are two conditions by which the 
composite fails during compression loading [3]. 
1.The fibers buckle in-phase and matrix shears and the resulting stress is 
given by 

for  

0 1.0   

 

 

 
 

 St
re

ss
 

Fiber volume fraction 

Figure 2.3. Rule of mixtures prediction [3] 
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2. The matrix is stretched and compressed in an out-of-phase manner and the 
resulting stress is given by 
 

 

2.2.3 Fracture Toughness 

Fracture Toughness is a measure of toughness, the ability of material with 
crack to resist fracture. During manufacturing, cracks produced due to low 
velocity impact, stress concentration between plies due to discontinuity, 
complex shape or high interlaminar stresses [5]. These cracks propagate at 
those interface bond between layers. The bonding between the layers 
depends on fracture toughness. The fracture toughness depends on fiber and 
matrix properties as well as lay-up [7]. The critical stress intensity factor or 
fracture toughness is given by 

 

2.2.4 Critical Strain Energy Release Rate 

Critical strain energy release rate is another important material property 
concerned with delamination. This property is relevant to adhesively bonded 
composite laminates. Also, called Interlaminar Fracture Toughness. Several 
test methods are developed to evaluate the critical strain energy release rate 
of composites.  
Double-cantilever-beam (DCB) standard tests are used to measure the mode 
I interlaminar fracture toughness of composite laminates. 
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3 Manufacturing method of formed hat 
skin stringer 

The study of manufacturing of any composite structure is of great importance 
to understand the possible source of imperfections, cracks that lead to 
delamination. Unlike conventional materials, manufacturing of composite 
structure is time consuming and labor intense process. It generally requires 
the laminates are put in a high temperature environment for resin curing and 
then cooled to room temperature. This can create thermal stresses. 
Machining operations such as drilling are avoided as it induces 
delamination’s. Therefore, all critical composite parts are bonded using 
strong adhesives.  

P 

a 

2h

P 

Figure 2.4. Double-Cantilever-Beam (DCB) test 
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3.1 Manufacturing of Skin section 

The skin section is manufactured using automated tape laying machines 
(ATL). These machines lay down multiple pre-preg tows (carbon fibers) and 
with multiple functionality that are able to stop, cut, and restart individual 
fibers. A multi-axis band collimator arrays a group of pre-preg tows into a 
continuous band and compacts them using compaction roller against the 
surface of the lay-up tool [3]. This allows to lay-up fibers into complex 
curves. Heat and pressure is applied for proper adhesion and consolidation 
of the fiber using compaction roller. The excess material on the edges are cut 
precisely using high speed water jet cutting. 

 
 

Figure 3.1. Automated Tape Layers Machines [8] 

 
During consolidation, it is difficult to maintain long temperature to get 
proper heat transfer through the entire laminate. Some manufacturers use two 
rollers. The second roller provides additional consolidation during cooling 
phase when the material crystallizes. The lay-up process is shown in the 
figure below. 
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Figure 3.2. Automated Tape-Laying Process 

 

 
After that the lay-up is prepared for curing. The component is then put inside 
a large autoclave and sealed and an even pressure (10 bar) and temperature 
180° is applied over the surface of the component. 
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3.2 Manufacturing of Stringer section 

The stringer is manufactured using roll-forming process. The process 
deforms the pre-consolidated sheet into some desirable shape. The sheets are 
heated into molding temperature and followed by shaping rolls to form the 
desired shape. 
 

Figure 3.3. Schematic of roll-forming composite part [3]. 

 
A layer of woven nylon cloth called peel ply is incorporated onto the surface 
of stringer during manufacturing. Before the stringer is bonded to the skin 
the nylon cloth is peeled off, exposing a clean surface ready for bonding [3]. 

3.3 Cocuring of Skin-Stringer 

The roll-formed stringer is adhesively bonded to the skin using polymeric 
adhesives generally called as structural adhesives. The process of curing the 
stringer along with the adhesive in the bonding process is called cocuring 
[3]. They provide stiffer connection than mechanically fastened joints. 
Mechanical fastening of composites joints is avoided as machining of 
composite part induces to delamination.  Epoxies based adhesives forms 
strong bond which has low shrinkage during cure. 
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The composite Hat stringer is wrapped around the silicon rubber mandrel. 
This rubber mandrel expands under autoclave pressure and provides internal 
pressure on the inner side of stringer [3].  
 

 

Figure 3.4. Cocuring of skin-stringer [9]. 

 
 



24 

 

Figure 3.5. From laminate to solid  

 

 

3.4 Function of Skin Stringer 

The fuselage is constructed as either a monocoque structure or a semi-
monocoque structure. The monocoque structure has its skin holding the 
structure together while the semi-monocoque structure has the combination 
of skin, stringer and frames holding the structure together. Monocoque 
structures are designed for low carrying loads. Due to the presence of 
stringers in semi-monocoque structures, the thickness of skin is greatly 
reduced thereby very cost effective. Stressed skin sections is used to take 
loads. 
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The primary function of the skin structure is to transmit and resist the applied 
loads and to provide an aerodynamic shape and to protect passengers, 
payload, systems and the like from the environmental conditions 
encountered in flight. These requirements resulted in manufacturing of thin 
outer skin which is usually supported by longitudinal stiffening members 
called stringers to enable it to resist bending, compressive, and torsional 
loads without buckling [10]. 
The outer skin buckles easily under low compressive load. The stringers are 
attached to the skin dividing the outer skin panel into small structures and 
increasing the buckling and failing stresses [10] [11]. 
Initially the skin undergoes local buckling and then the post buckling load 
can be carried through internal stringers by load re-distribution. The stringers 
also undergo local buckling [12]. 
The load carrying capacity of the skin will be affected if the stringer fails. In 
composite stringers, the study of interface strength between the stringer and 
the skin is crucial. Since the interface is resin matrix, any crack present in 
the interface can propagate and debond leading to delamination failure.  
 

Figure 3.6. Aircraft’s major fuselage structural member types [11]   

 

 



26 

3.5 Loads on skin stringer 

The aircraft is subjected to two distinct load classes [10]. They are ground 
loads and air loads. The ground loads are the loads encountered during 
movement on the ground such as taxiing and landing loads while the air loads 
are the loads encountered during flight by maneuvers and by gusts or winds. 
The load classes are further classified into surface forces and body forces. 
The surface force acts on the surface of the structure such as aerodynamic 
and hydrostatic pressure. The body force acts over the volume of the 
structure such as gravitational and inertial effects. 
All air loads are basically due to the pressure distribution over the surface of 
the skin produced during flight maneuvers or wind conditions.  These cause 
direct loads, shear, bending and torsion in all of the parts of the structure. 
The ground loads subject the aircraft to concentrated shock loads through the 
undercarriage system. These shock loads cause shear, bending and torsion. 
The aircraft fuselage also support large concentrated loads, such as wing 
reaction, undercarriage reaction, tail section reactions and it also carried 
payloads of varying size and weight which results in large inertia forces.  
The shear and torsional load is resisted by the shear stress developed in the 
skin while the axial and bending loads are resisted by the combination of skin 
and stringer. The bending loads are resisted by passenger and freight floors. 
These are also transmitting local loads to the skin.  
In this thesis, more emphasis is given on the compression load since the skin 
is a thin section that buckles easily under low compressive load. Increasing 
the thickness of composite skin will resist the compressive load but it’s not 
cost effective. Stringer act as stiffeners that helps to redistribute loads.  
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3.6 Skin–Stringer dimension parameter 

Figure 3.7. Skin-stringer dimension parameter 

 
Below in the table, the stacking sequence of skin and stringer are listed  

 

Table 3.1. Skin-stringer dimension parameter 

Parameters Configurations/Values 

Skin layup configurations (15 
layers) 

+45/-45/90/0/+60/-60/-15/-
90/+15/-60/+60/0/90/-45/+45 

Stringer layup configurations (16 
layers) 

+45/-45/0/0/90/0/0/-
15/+15/0/0/90/0/0/-45/+45 

Total thickness of skin 2.82 mm 

Total thickness of stringer 3.01 mm 
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4 Fracture mechanics 

Fracture mechanics is a branch of material science concerned with the study 
of fractures in materials. The fundamental principles of fracture mechanics 
provide methods to understand the behavior of crack propagation in 
materials.   

4.1 Modes of failure 

There are three types of failure modes in fractures mechanics and they are 
shown below 

Figure 4.1. Modes of Failure 

 
In mode I fracture, shows how the crack propagate when a tensile force is 
applied normal to the plane of crack. In mode II fracture, shows how the 
crack propagate when a shear force is applied parallel to the crack plane and 
perpendicular to the crack tip. In mode III fracture, shows how the crack 
propagate when a shear force is applied parallel to the crack plane and 
parallel to the crack tip as show in figure.  
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I real life problems there is a mixed mode fracture where a combination of 
the above-mentioned fracture mode occurs simultaneously e.g. Mixed mode 
I/II. To make things simpler it is assumed that the modes are uncoupled. 

4.2 Fracture Mechanics Timeline 

In 1913, Charles. E. Inglis presented the solution of stress field of a plate 
with elliptic hole and found the importance of destructive influence of a 
crack in a material [13].  
In 1920, Griffith studied cracks on brittle material such as glass and found 
that cracks decrease the fracture strength of the structure. Griffith established 
a fracture criterion for the crack propagation based on energy and is given 
by 
 

The energy required to propagate a crack is equal to elastic strain energy 
released for increase in crack length during crack formation. 
In 1957, Irwin and Williams derived an equation of stress and displacement 
field around a crack tip in terms of stress intensity factor and is given by [14] 
 

 
 

Where, 
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 KI is the mode I stress intensity factor which is directly proportional to the 
stress,  

r and  are polar coordinates at crack tip as shown in figure below 

 

 
 

is the shear modulus,  
 

 
As it can be seen from the stress field equation that when r tends to 0, i.e. at 
very close proximity of the crack tip the stress becomes infinity (square-root 
singularity).  
The stress intensity factor is given by 

 

The Griffith energy is defined as the energy necessary to create a new crack 
surface and is given by 
 

 

 
 

r 

Figure 4.2. Geometry of a crack tip 
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Where  

 is the critical fracture energy per unit crack area. 
Irwin found a relation using crack closure integral between the stress 
intensity factor and energy release rate and is given by 

 

Where E is the Young’s modulus of the material.  

 
 

5 Delamination 

A crack formed between adjacent plies is called delamination. Unlike crack, 
delamination is intended to propagate only in the interface region between 
the adjacent plies [4].The same fracture mechanics approach adopted for 
crack is applicable to delamination. The study of bond strength at the 
interface between the plies is critical. The cracks are created during damage 
onset followed by evolution. 

5.1 Delamination Onset 

Delamination onset is a period at which an initial crack is created at the 
interface due to some causes and defects during manufacturing [4].  

1. Impact load: A low velocity impact on the composite material causes 
the matrix to crack. Multiple small cracks formed at the interface can 
induce delamination. 
 

2. Machining: Drilling a hole on the composite ruptures the fiber 
causing the fiber move out-of-phase creating interlaminar shear stress 
at the interface region. 
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3. Residual stress during manufacturing: When the composite structures 
are cured in an autoclave, thermal stress may arise due to temperature 
variations. 
 

4. Geometrical discontinuity: Complex shapes such as skin-stringer, 
joints/bond and free edges can induce delamination. 

5.2 Delamination propagation 

Delamination growth is a period when the crack grows due to application of 
load. It is vital to understand the behavior of delaminated composite structure 
subjected to various load and to identify what type of load, the structure is 
critical for. Fatigue and compressive load are the most critical loading 
conditions [4]. 

5.3 Delamination propagation under compression 
load 

During compression, the composite structure exhibit local buckling before 
delamination growth.  
In the case of composites with varying laminate thickness, the thinner sub-
laminate buckles locally first. While the thicker sub-laminate remains 
unaffected [4]. The delamination grows and buckles the other sub-laminate 
leading to structural failure as shown in Figure below. 
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Unbuckled 

Local Buckling 

Delamination growth after buckling 

Global buckling 

Figure 5.1. Buckling scenarios during Compression [4] 
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Figure 5.2. Skin Stringer FEM model-Applied load and boundary conditions 

 
 

6 Solution Method 

6.1 Solutions using fracture mechanics approach 

This approach is based on Linear Elastic Fracture Mechanics (LEFM) 
applicable only to brittle materials. The method is applied to finite element 
analysis through Virtual Crack Closure Technique (VCCT). This criterion 
for the delamination growth is based on Griffith’s and Irwin’s principle. 
 

The crack propagates when the energy release rate is greater that the critical 
energy release rate (Griffith). 
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The work done to close the crack is equal to energy required to create new 
crack surfaces (Irwin).  

 

The work done is calculated from the nodal displacement and forces through 
FEM. This method relies on the definition of initial crack. The results vary 
as the length and size of the crack assigned changes.  

6.2 Cohesive zone model 

This approach is based on traction-separation law. It is based on the 
assumption that the stress transfer capacity between separating face is not 
lost completely at damage onset but it is progressively lost by stiffness 
reduction of the interface [5]. This model uses cohesive elements at the 
interface, a concept introduced by Dugdale and Barrenblatt. The cohesive 
elements exhibit elastic property up to the onset of damage initiation and 
then undergoes a softening behavior losing stiffness. 
Cohesive elements with zero thickness is used to model delamination 
behavior of adhesive bonds where the thickness of interface is very small [5]. 

The traction-separation for mode I is given by 
 

where  
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Where  is the penalty stiffness value for mode I. 

is the damage variable for mode I. 

 is the stiffness value of undamaged material at the interface for mode I. 

 
 

 
 
The cohesive zone model uses damage initiation criterion instead of fracture 
mechanics and is given by 

 

And the separation at damage initiation is calculated by 

 

 

 

 

 

 

 

 

   

 

  

 
  (a) 

  (b) 

Figure 6.1. (a) Composite material with CZM, (b) traction- separation curve 
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The damage variable satisfies the following condition 

 

 
 

7 Finite element analysis 

Finite element analysis (FEA) is a numerical method for solving real world 
engineering problems subjected to various physical loads by discretizing 
large system into small parts called finite elements. The behavior of these 
finite elements estimate the behavior of the large system using sets of partial 
differential equations applied through finite element method (FEM). 
The behavior of a material is described by constitutive equations which is 
given by Hooke’s law. [5] 
 

Where  is the second order stress tensor, 

 is the second order strain tensor, 

 is the fourth order stiffness tensor with 81 components. 

Since  and  (symmetric conditions), the stiffness tensor 
component is reduced to 36 independent components. For anisotropic 
material only 21 independent constants required since the remaining 
component are dependent which can be written in terms of those 21 
independent components [15] [5]. For orthotropic 9 independent 
components. [15] 
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For unidirectional laminate if the fiber axis is the first direction then it is 
approximated to be transversely isotropic since second and third directions 
are indistinguishable so the following relations prevail  
 

 

 
 

 
 

 

Table 7.1. Material Properties 

 Material Properties Average 
Value 

Longitudinal Young’s modulus,  (GPa) 135.3  

Transverse Young’s modulus,  =  (GPa) 9 

In-plane shear modulus,   =  (GPa) 4.5 

In-plane shear modulus,  (GPa) 3.3 

Poisson’s ratio, 12 = 13  0.24 

Poisson’s ratio, 23 0.46 

Critical ERR-Mode I,  (J/m2) 280 

Critical ERR-Mode II,   (J/m2) 280 

Critical ERR-Mode III,   (J/m2) 280 
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Interface Stiffness or Fracture Toughness-Mode I,   
(E/Enn) (GPa) 

570 *103 

Interface Stiffness or Fracture Toughness-Mode II,   
(G1/Ess) (GPa) 

570 *103 

Interface Stiffness or Fracture Toughness-Mode III,   
(G2/Ett) (GPa) 

570 *103 

Interface Strength-Mode I,  (MPa) 57 

Interface Strength-Mode II,  (MPa) 57 

Interface Strength-Mode III,  (MPa) 57 

Benzeggagh Kenane (BK) Mixed mode behavior, Power 2.284 

 

7.1 ABAQUS Simulation 

ABAQUS CAE is a very powerful software application tool used for 
modelling, simulation and analysis of mechanical parts and structures and 
visualizing the FEA result [16].  
This problem is a non-linear static analysis. This is due to material 
nonlinearity and contact problem. It is very important to know what type of 
analysis before starting to model any structure [17]. 
In ABAQUS CAE, the composite part is modelled in 3-D and the solution is 
visualized by the following step. 
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Figure 7.1. Skin section part module 
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Figure 7.2. Stringer section part module 
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Figure 7.3. Interface (Adhesive)  

 
After the model is created, the material properties are defined and assigned 
to the part. Before assembling, a series of set and surface are to be created to 
be used later in Interaction module to apply constraints and define contact 
properties. Sets and surfaces need to be created in assembly module 
(assembly set or node or element set) since set and surface created in part 
module (geometry set) will not be available after assemble [18]. 
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Figure 7.4. Meshed part-assembly 

 
 

 
Brick element C3D8R element is chosen for the composite material with 
reduced integration. After meshing and assigning mesh types, Quality checks 
such as skew, aspect ratio, jacobian, included angles for mesh elements to be 
done according to [17]. For the adhesive interface, cohesive element 
COH3D8 is assigned. To get good convergence, it is advisable to increase 
the number of elements for interface elements (Cohesive elements), as shown 
in the figure below. 
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Figure 7.5. Mesh module (sliced view showing smaller size interface 
elements in green and yellow) 
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Tie constraints and contact definitions are defined in the interaction module. 
It is essential to choose the right master and slave surface according to [16]. 

 
 

Figure 7.6. Tie constraints 
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Boundary conditions are then applied 
 

Figure 7.7. Compressive load and Boundary conditions 
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8 Results and Discussion 

The simulation obtained from ABAQUS CAE show clearly the interface 
element deletion according to Cohesive zone modelling. The results show 
the compressive buckling scenario as mentioned in the theory.  
The results shown in the figure indicate the results from the experimental 
analysis done on Single Stringer Compression Specimen (SSCS) by NASA 
titled, “Analysis Methods for Progressive Damage of Composite Structures” 
[19].  
As mentioned in the report, the simulated results also show initial linear 
deformation followed by first buckling, then followed by initiation of 
interface damage, delamination onset and growth and structural failure of the 
system which validates both theoretical and experimental method. The 
stringer flange pulls-off from the skin after the postbuckling deformations. 
Through the simulation, it is also observed that the best results are achieved 
only by having finer cohesive elements.  
It is also showing the vitality of doing full 3D analyses for the study of 
delamination of composite structures. It is observed from the result that 3D 
model predicts a more accurate debonding scenario and better understanding 
of debonding growth in the lateral directions. 
The structural failure of skin stringer or any composite structure that are 
adhesively bonded will fail suddenly leading to catastrophic failure. This 3D 
analyses show how and where the delamination onset is created and how it 
grows within the interface showing no physical deformation and leading to 
sudden collapse. That explains why delamination’s in the composite material 
is an important concern. 
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Figure 8.1. Initial linear deformation 
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Figure 8.2. Initial buckling 
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Figure 8.3. Initiation of interface damage 
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Figure 8.4. Delamination 
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Figure 8.5. Cohesive element deletion 
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Figure 8.6. Delamination onset and evolution 
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Figure 8.7. Delamination growth 
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Figure 8.8. Structural failure 
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Figure 8.9. Load Vs Displacement Curve (ABAQUS result) 

 
 

 
The load displacement curve obtained from the numerical results show 
common characteristics of a compressive failure mechanism of debonded 
structures showing delamination buckling and growth in composite 
laminates. It can be noted from the curve that soon after the initial buckling 
the crack tip has the tendency to first open and then close not affecting the 
load carrying capability until delamination onset. After the onset the load 
transfer capability is greatly reduced followed by delamination growth 
leading to structural collapse.  
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9 Conclusion 

The main objective of this thesis work is to develop 3D FE model of a 
composite structure that are bonded using strong adhesives and to perform 
non-linear static analysis to study the effect of delamination using ABAQUS 
is accomplished. 
To develop FE model of composite structure requires lot of material data. It 
is clearly understood that to get the material properties of a composite 
structure, lot of experiments need to be conducted. The development of test 
standards is of greater importance for composite materials whose properties 
is largely based on manufacturing process. 
This work is successful to use cohesive elements to simulate delamination 
onset and growth. The results share common characteristics with previously 
done experimental results. It is mesh dependent so there is challenge to 
analysis on large scale structural applications. 
The delamination is unnoticeable from the external surface and may be 
embedded inside an interface reducing the strength of a structure without 
warning. This is evident from the simulation as the cohesive elements are 
gradually degraded showing no physical deformation until sudden collapse.  
The mechanical strength of bond interface (Epoxies) is essential for the 
strength of the composite structure in this case skin-stringer. 
 

 
 

 
 

 
 

 



59 

10 Future Work 

Working on this thesis gave me a perspective of how adhesively joined 
composite structures are modeled 3 Dimensionally using ABAQUS. The 
work done by me is a drop in the ocean when compared to the work done by 
many researcher in the scientific world.  
Future work can be done on using the FE to estimate the elastic properties of 
composite structures using computational micromechanics as mentioned in 
this report briefly. 
A lot of improvement can be done on the geometry of composite structure to 
reduce the effect of delamination to minimum instead on focusing on 
obtaining strong adhesives. A simple modification on skin stringer as shown 
in the figure below can be done be studied on future work 
 

Figure 10.1. Modified skin stringer for future work 
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12 Appendix 

Increasing use of composites in various field 
Aerospace  (Aircrafts, Rockets, cryogenic tanks) 

Architecture (building facades ) 

Automotive  (concept vehicle using composite parts) 

Energy  (wind and solar power) 
Infrastructure (buildings and bridges) 

Marine (maritime vessel and furniture on super yachts) 

Pipe & Tank (desalination, oil and gas applications) 
Sports & Recreation (Bicycle, helmets, hockey sticks) 

Transportation (Trucks and busses) 

 
FE model of skin stringer with extend skin part 
A new question arose after the thesis work, whether the work should have 
carried with extended skin section. The result showed no significant 
difference. 
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FE model of Skin stringer with extend skin part 
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Structural collapse of skin stringer with extended skin part 
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Delamination onset and growth of skin stringer with extend skin part 

 
 

Modified skin stringer  
As mentioned in my report, future work can be carried on modified skin 
stringer. A modified skin stringer modeled in ABAQUS/ CAE, and the 
analysis submitted. Although the job was submitted, it was terminated after 
some time. It was done to check whether the modified stringer can bring any 
effect on delamination. Simulation shows that the modified part does affect 
the origin of delamination onset.   
 



66 

 
Modified skin-stringer 
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Delamination onset – Modified skin stringer 

 






